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ABSTRACT 

Two hydrogen-oxygen rocket engine aystem concepts were analyzed par- 
aisetrically over a thrust range from 100 to 1000 pounds and a chamber 
pressure range from 175 to 1000 psia. Both concepts were regene ratively 
cooled with hydrogen and were pump-fed by electric motor driven positive 
displacement pumps. Electric power was provided by either a turboalter- 
nator (turboalternator concept) or some means external to the engine sys- 
tem (auxiliary power concept). The computer program used to conduct the 
analyses along with the design characteristics of the major engine system 
components are briefly described. The feasible design range of the sys- 
tems over the parametric range of thrust is discussed in terms of allow- 
able chamber pressure considering the constraints of thrust chamber cool- 
ing and cycle power. Engine system estimated performance, mass, and di- 
mensional envelope parametric data within the feasible design range are 
presented. 


INTRODUCTION 

A number of mission studies have forecast a need for large space 
structures in geosynchronous equatorial orbit (GEO). As envisioned, 
these structures would be launched to low earth orbit (LEO) in a packaged 
condition using the Space Shuttle and subsequently transferred to GEO 
using a high energy space propulsion system. There are two options 
available for placement of these types of payloads in GEO. In the first 
option, the LEO-to-GEO transfer would be accomplished with the payload in 
the packaged condition, followed by manned or automated deployment and 
assembly in GEO. Either high or low thrust could be used for the trans- 
fer. In the second option, manned or automated deployment and assembly 
would be carried out in LEO, followed by a LEO-to-GEO transfer with the 
payload in the deployed condition. Here, low thrust would be required in 
order to maximize deliverable area for a given payload mass. 

Since the early 1970's the DOD and NASA have funded a number of 
studies which examined chemical rocket propulsion systems suitable for 
the high thrust option noted above. Considerable effort has also been 
conducted on very low-thrust solar-electric propulsion systems which have 
application for missions in which extended LEO-to-GEO transfer times are 
acceptable. These extensive study efforts have provided Che mission ana- 
lyst with propulsion system performance data at the extremes of the 
orbit-transfer thrust range of interest. In an attempt Co provide a more 
comprehensive propulsion system data base for use in future orbic- 
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tranifer atudieB the NASA Levie Research Center in 1979 funded two con** 
tracts (NAS3-21940 and NAS3-21941) to generate low-thrust chemical pro- 
pulsion system parametric and preliminary dasign data. The scope of the 
contracted effort includes several candidata propellant combinations and 
a number of pressure-fed and pus^fed engine system concepts. Prior to 
the contracts, in-house analyses were conducted in order to define some 
of J:he guidelines for the contract effort and to provide preliminary in- 
formation on engine system performance and technology needs. Results of 
th( in* house analyses are reported herein. 

The scope of the in-house work was limited to hydrogen-oxygen pro- 
pellants at a mixture ratio (O/F) of 6.0. Two candidate engine system 
concepts were studied. Both concepts were regene rat ively cooled with 
hydrogen and were puaq>-fed by electric motor driven positive displacement 
pumps. The concepts differed only in the assumed method of providing 
power for the pung>-dri ire siotors. 

DESCRIPTION OF ENGINE SYSTEMS 

The engine concepts selected for study are illustrated in Fig. 1. 

The concept shown in Fig. 1(a) (herein called the turboaltemator con- 
cept) uses the so-called expander turbine drive cycle to provide power 
requirements for the propellant feed system. Propellants are pumped from 
low-pressure storage tanks by separately driven tank-aiounted hydrogen and 
oxygen pumps. The pumps were assumed to be positive displacement driven 
by electric motors. Accumulators were included in each propellant feed 
system to reduce the possibility of flow and pressure pulsations down- 
stream of the positive displacement pumps. Electric power for the pump 
drive motors is provided by an alternator which is driven by a turbine 
using gaseous hydrogen from the thrust chamber regenerative cooling jack- 
et as the working fluid. A turbine by-pass valve is used to provide tur- 
bine speed control. The hydrogen by-pass flow and turbine exhaust flow 
are combined downstream of the turbine discharge, Injected into the com- 
bustion chamber and burned with oxygen. Combustion products are expanded 
in the nozale which was assumed to be radiation cooled downstream of the 
regenerative cooling jacket. 

In the concept shown in Fig. 1(h) (herein called the auxiliary power 
concept) it was asssumed that a fuel cell/inverter system or some other 
means external to the engine system was available to provide the power 
necessary for the pump-drive motors. Thus the hydrogen exiting from the 
regenerative cooling jacket flows directly to the thrust chamber. With 
this exception, the propellant feed systems are the same as those des- 
cribed for the turboalternator concept. 

METHOD OF ANALYSIS 

A computer program was written to calculate design point steady- 
state characteristics of the engine systems shown in Fig. 1 over a thxust 
range from 100 to 1000 pounds and a chamber pressure range from 175 to 
1000 psia. A simplified logic diagram for the computer program is shown 
in Fig. 2. 
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Required inputs to the program are thrust level, chamber pressure, 
theoretical one dimensional equilibrium (ODE) specific isq>ulse, char- 
acteristic velocity, combustion temperature and concept option. With 
these inputs the program calculate» delivered specific impulse, hydrogen 
and oxygen mass flow rates, thrust chamter and nosxle geometry and the 
heat loads in the regencratively coded nossle and chamber. The program 
th» assumes a value of inlet pressure to the regenerative cooling jacket 
and calculates the enthalpy of the hydrogen coolant at the chamber throat 
station and the chamber exit station. A throat station pressure is 
assumed and hydrogen properties at the throat as a function of enthalpy 
and assumed pressure are determined and used in calculating coolant aver- 
age velocity, pressure drop, and pressure at the throat station. Iter- 
ations are performed until the assumed pressure is equal to the calcu- 
lated pressure within a specified tolerance. After convergence, the same 
procedure is t sed in the analysis of the cooling process from the throat 
station to the chamber exit station. This routine also includes flags 
which terminate execution if the average coolant velocity or coolant exit 
temperature exceed specified limiting values. 

In the turboalternator concept option the pressure drops in the 
lines and valves, head rise and power requirements of the pumps, and tur- 
bine pressure drop required to provide the power are then calculated. 

The calculated turbine discharge pressure is compared with the required 
injector pressure and iterations, using inlet pressure to the jacket as 
the independent variable, are performed until turbine discharge pressure 
and required injector pressure are matched within a specified tolerance. 
After a balance is achieved the program calculates the mass of the engine 
system. If a balance cannot be achieved for the given input within a 
specified number of iterations, program execution is terminated. 

In the auxiliary power concept option, the hydrogen pressure at the 
chamber exit station is matched with required injector pressure, and the 
turbine routine is by-passed. With these exceptions, the analysis pro- 
cedure is the same as for the turboalternator option. 

ENGINE SYSTEM SIMULATION 

In order to formulate the computer program and conduct the analysis 
it was necessary to select and simulate components and to assume certain 
operating conditions in the engine systems. In the following paragraphs 
the design characteristics of the major components and the assumed oper- 
ating conditions are discussed. It should be noted that in some cases 
the characteristics and assumptions significantly affect the absolute 
values of results and that there was no attempt made in the study effort 
to optimize the concepts by considering alternate types of pumps, tur- 
bines, etc. * 

ENGINE SYSTEM PERFORMANCE 

A mixture ratio (0/F) of 6.0 and a nozzle expansion area ratio of 
400:1 were selected as being representative of requirements for a future 
low-thrust hydrogen-oxygen propulsion system. Theoretical one dimen- 
sional equilibrium (ODE) specific impulse over the parametric study range 
was determined using the computer program described in Ref. 1. Propel- 
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lent cnthelpica «t the ct^ine eyetea inlet were eaeimed to be thoee cor- 
reeponding to liquid oxygen and liquid hydrogen at their nomal boiling 
points# Losses considered in determining delivered perforaance eere 
those associated with energy release, kinetics, divergence, and boundary 
layer. Energy release efficiency was asauaad conatant at 98 percent over 
the parasetrie study range and divergence efficiency of the 400:1 notsle 
vat.nc>uaed constant at 99.55 percent. Kinetic losses which vary with 
thrust and ehaaber pressure were based on results using the computer pro** 
gram described in Ref. 2. Boundary layer losses which also vary with 
thrust and chamber pressure were determined using the scaling equation 
given in Ref. 3. The boutulary layer loss for a 400:1, 90 percent bell 
noaale given in Ref. 4 was used as the base point value in the scaling 
equation. 

THRUST CHAMBER 

The regenerative portion of the thrust ehaaber and 90 percent bell 
noszle was assumed to be copper with milled channels and a nickel close- 
out. Heat transfer, coolant velocity and coolant pressure drop scaling 
equations as functions of thrust and chamber pressure were derived based 
on results from a number of detailed thrust chamber design cases using a 
LeRC in-house computer program. The regenerative ly coolsri portion of the 
thrust chamber and noztle was assumed to extend to an area ratio at which 
the gas side wall temperature was sufficiently low to permit attachment 
of a radiation cooled, coated columbium noaale extension. A gas side 
wall temperature of 2910*’ R was assumed as the allowable transition 
tenperature based on information in Ref. 5. Extrapolated design data, 
also from Ref. 5, were used to determine the variation in attach area 
ratio with chamber pressure. The effect of thrust level on attach area 
ratio was neglected. 

A hot gas wall temperature of 1260^ R (maximum temperature at 
local location) was assumed in the analysis of the regene rat ively cooled 
portion of the thrust chamber. The assumed temperature was estimated 
from thrust chamber stress analysis results given in Refs. 4 and 6, and 
reflects an average of Che design wall temperatures for the two reference 
applications. Results from Che detailed thrust chamber heat transfer 
design cases indicated that a hydrogen temperature of 800<^ R at the 
cooling jacket exit and an average coolant velocity of 700 ft/sec were 
representative of the coolant temperature and velocity limits associated 
with the assumed hot gas wall temperature. 

PUMPS AND MOTORS 

The pumps were assumed to be positive displacement vane pumps oper- 
ating at constant speeds of 8000 rpm (hydrogen) and 3000 rpm (oxygen). 
Speed magnitudes were selected to be compatible with surface rubbing ve- 
locity limits in hydrogen and oxygen reported in Ref. 7! Pump efficiency 
as a function of specific speed was derived from design data given in 
Ref. 8. The pumps were assumed to be driven by 115 volt, 3 phase, 400 
herts electric motors with efficiencies of 92 percent (hydrogen drive) 
and 78 percent (oxygen drive). Efficiency magnitudes were based on in- 
formation in Ref. 9 and were assumed constant over the parametric study 
range. 
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TURBOALTERNATOR 

The turboalttrnator speed was esteblished at 24 000 rps consiscenc 
vich e tvo'*pole alternator providing 40i) harts power. Alternator effi- 
ciency was assumed constant at 92 percent over the parametric study 
range. Because of the relatively low hydrogen flow magnitudes available 
as working fluid, a partial admission turbine was selected to drive the 
al^ernstor. It was assumed that 10 percent of the total hydrogen flow 
was by-paased in order to provide turbine control. Turbine admission was 
selected at 12 percent. Basic turbine efficiency as a function of isen- 
tropic velocity ratio was taken from test results on a 12 percent admis- 
sion turbine given in Ref. 10. Basic turbine efficiency was sndified to 
include tip clearance effects based on data presented in Ref. 11. 

ENGINE SYSTEM MASS AND ENVELOPE 

Scaling equations which related the bmss of the engine system com- 
ponents to thrust and chamber pressure were derived based on historical 
mass trends and/or estimates from conceptual sketches. Actual mass data 
for low-thrust hydrogen-oxygen components of the type assumed in the 
study effort are essentially nonexistent and it is important to note that 
the mass derivations typically involved extrapolations from outside the 
parametric study range. Scaling equations which related engine length 
end noxsle exit diameter to thrust and chamber pressure were derived 
using the fundamental equations which define thrust chamber and nossle 
geometry as a function of thrust chamber throat area. 

ANALYSIS RESULTS AND DISCUSSION 

The initial objective of the study effort was to determine the feas- 
ible design range of the engine concepts in terms of thrust and chamber 
pressure and to provide preliminary performance, mass, and dimensional 
envelope data within the range for use in mission studies. In conducting 
the analysis, an upper limit on thrust was selected at 1000 pounds which 
corresponds to a maximum thrust-to-mass ratio of approximately 0.05 for a 
hydrogen-oxygen orbit-transfer-stage (including payload) having a start- 
burn mass of 60 000 pounds. A lower limit on chamber pressure was se- 
lected at 175 psia in order to ensure that hydrogen pressures upstream of 
the injector would be above critical pressure thus avoiding possible 
problems with boiling heat tmsfer in the cooling jacket. With these 
boundaries fixed, the lower limit on thrust and the upper limit on cham- 
ber pressure were then determined to establish the feasible design range 
of the engine concepts. 

TURBOALTERNATOR CONCEPT 

Figure 3 shows the feasible design range and thrust chamber cooling 
limits of the turboalternator concept. At a chamber pressure of 175 
psia, design point thrust levels down to 200 pounds veri feasible with 
the lower thrust limit being established by the thrust chamber coolant 
exit temperature limit of B00<^ R. As design point chamber pressure was 
increased from 175 psia, it was necessary to increase thrust as shown to 
avoid exceeding the 800° R coolant exit temperature limit. At a thrust 
level of 430 pounds and a chamber pressure of 420 psia, the concept was 
power limited with only small increases in maximum chamber pressure being 
possible in the thrust range from 430 to 1000 pounds. 
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The power limit et a thruit level of 430 pounds is illustrated in 
Fig. 4. The pressure and temperature trends are typical for an expander 
cycle engine. The figure shows that aa chamber pressure was increased 
from 175 psia, the coolant exit temperature also increasad and reached 
the limiting value of 80(^ R at a chamber pressure of 420 psia. nie 
increased energy content of the Iqfdrogen, however, was not sufficient to 
proyids cycle power and iiwreases in turbine pressure ratio (turbine in- 
let pressure*-to*-turbine discharge pressure) were necessary to achieve 
power balances. Note that at the higher chamber pressures, the required 
turbine pressure ratio increased rigidly. At chamber pressures above 420 
psia, the turbine was unable to provide the necessary power regardless of 
pressure ratio magnitude. 

Predicted performance for the turboalternator concept is given in 
Fig. 5. Note that the slight increase in maximum chamber pressure which 
was attainable as thrust was increased from 430 to 1000 pounds has not 
been considered in the analysis, i.e. , the maximim chamber pressure for 
which parraetric data were generated was 420 psia. As indicated in Fig. 
5, delivered specific impulse increases with increasing thrust and in- 
creasing chamber pressure from 437 Ibf-sec/lbm at a thrust of 200 pounds 
and chamber pressure of 175 psia to 452 Ibf-sec/lbm at a thrust of 1000 
pounds and chamber pressure of 420 psia. The increase in specific im- 
pulse occurs primarily because of a decrease in kinetics loss as thrust 
and chamber pressure are increased. 

Engine system mass and dimensional envelope parametric data over the 
feasible design range are shotm in Fig. 6. Figure 6(a) shows that engine 
system mass increases with increasing thrust and increasing chamber pres- 
sure with thrust having the greater influence. The curves in Fig. 6(a) 
also indicate that engine syst«n mass is approaching a minimum value at a 
chamber pressure of 173 psia. Figure 6(b) shows the familiar trends of 
increased engine length and increased noxsle exit diameter as thrust is 
increased at a given chamber pressure or chamber pressure is decreased at 
a given thrust. In both cases the chmnber throat diameter must be in- 
creased to accommodate the propellant mass flow which, for a given nozale 
are ratio, results in a longer nozzle and a larger nozzle exit diameter. 

AUXILIARY POVaSR CONCEPT 

Figure 7 shows the feasible design range of the auxiliary power con- 
cept. At a chamber pressure of 175 psia, design point thrust levels down 
to 200 pounds were feasible with the 200 pound level being established by 
the coolant exit temperature limit of 800^ r. This boundary of the 
feasible design range is the same as that determined for the turboalter- 
nator concept. Also, as chamber pressure was increased from 173 psia, it 
was necessary to increase thrust in the same manner as the turboalter- 
nator concept in order to maintain the 8000 r coolant ex*it temper- 
ature. Comparison of the cooling limit boundary for the auxiliary power 
concept (Fig. 7) with the cooling limit boundary for the turboalternator 
concept (Fig. 3) indicates that, from a cooling standpoint, the auxiliary 
power concept was restricted to lower chamber pressures as thrust was 
increased above approximately 330 Ibf. This occurred because of the low- 
er coolant inlet pressures in the auxiliary power concept and the result- 
ant effect on hydrogen density and velocity in the cooling jacket. High- 
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•r chamber preeeuret than those shown in Fig. 7 could have been achieved 
by increasing coolant inlet pressure with a corresponding increase in 
auxiliary power requirements. This area however, was not exMined in the 
study effort. 

Predicted performance for the auxiliary power concept is given in 
Fig. 8. With the exception of changes and additions associated with the 
different feasible design range, the specific impulse magnitudes shown 
are the same as for the turboalternator concept. Rigorous analyses t«ould 
give a slightly higher specific impulse for the auxiliary power concept 
because pre-combustion propellant pressures and resultant increase in 
enthalpies would be provided by a source external to the engine systra. 
The enthalpy increases, hoiiever, are very small and a cursory analysis 
indicated the effect on specific impulse would be much less than 1 Ibf- 
sec/lbm. 

Engine system mass and dimensional envelope parametric data are 
shown in Fig. 9. Engine siass (Fig. 9(a)) trends are the same as for the 
turboalternator concept with mass magnitudes lower primarily because of 
the elimination of the turboalternator although some decrease in mass was 
evident because of the reduced system pressures associated with the aux- 
iliary power concept. Engine mass magnitudes do not include mass asso- 
ciated with the auxiliary power system. Engine dimensions shown in Fig. 
9(b) are the same as for the turboalternator concept with the exception 
of the changes associated with the different feasible design range. 

The total power requireisents for the pumps of the auxiliary power 
concept over its feasible design range are shown in Fig. 10. At a given 
chamber pressure, the figure indicates a small decrease in pover-to- 
thnist ratio as thrust is increased. This fs'orable trend is due primar- 
ily to increases in efficiency of the pumps at the higher thrust levels. 

SUMMARY OF RESULTS 

Two hydrogen-oxygen rocket engine system concepts were analyzed par- 
ametrically over a thrust range from 100 to 1000 pounds and a chamber 
pressure range from 175 to 1000 psia. Both concepts were regene rat ively 
cooled with hydrogen and were pump-fed by electric motor driven positive 
displacement pumps. Electric power for the pump-drive motors was assumed 
to be provided by either a turboalternator in an expander cycle (turboal- 
ternator concept) or some means external to the engine system (auxiliary 
power concept). Major results of the analyses are summarized as follows: 

1. At the minimum study chamber pressure of 173 psia, design point 
thrust levels down to 200 pounds were feasible with both concepts. 

• 

2. For the turboalternator concept, the upper limit on cliamber pres- 
sure between 200 pounds thrust and 430 pounds thrust was thrust dependent 
and was established by thrust chamber cooling restrictions. Above 430 
pounds thrust the concept was power limited to approximately 420 psia 
chamber pressure. 
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3. For ch« auxiliary powar concapt, tha uppar liaiic on chaabar praa*- 
aura bacwaan 200 pounds chruac and 1000 pounds thrust vaa thiuat da** 
pandant and vaa aatabliahad by thrust ehaabcr cooling raatrictiona. Via 
saxiauB attainable cha^ar vaa approxiaataly SSO psia at a thrust laval 
of 1000 pounds* 

^ 4. Dalivarad spacifie ia^ulaa was thrust and chsmbar prassura da- 
pa^ant. For the turboaltarnator concept, iapulsa ranged froa 437 Ibf** 
sac/lba at a thrust of 200 pounds and chMbar prassura of 175 psia to 452 
Ibf-sac/lba at a thrust of 1000 pounds and a chaabar pressure of 420 
psia. For tha auxiliary pover concept, iapulsa ranged froa 437 Ibf- 
sec/lba at a thrust of 200 pounds and a chaabar pressure of 175 psia to 
455 Ibf-sac/lba at a thrust of 1000 pounds and a chaaber prassura of 550 
psia. 

5. Engine system aass was thrust and chaaber pressure dependant. 

For Che turboalcemstor concept, smss ranged froa 53 Iba at a thrust of 
200 pounds end a chaaber pressure of 175 psia to 180 Iba at a thrust of 
1000 pounds and a chaaber pressure of 420 psia. For Che auxiliary power 
concept, aass ranged from 39 Iba at a thrust of 200 pounds and a chaaber 
pressure of 175 psia to 151 Iba at a thrust of 1000 pounds and a chaaber 
pressure of 550 psia. 
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Figure 7. - Feasible design range-auxiliary power 
concept Maximum hot gas wall temperature • 
1260° R; coolant exit temperature < 800® R; 
coolant average velocity < 700 ft/sec. 
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Figure 8. - Effect of thrust and chamber pres- 
sure on performance-auxiliary power concept. 
PropellL its - hydrogen/oxygen; mixture ratio 
lO/F); area ratio ■ 400:1. 
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